Abstract Orbital maneuvers are usually performed as needed for low earth orbiters to maintain a predefined trajectory or formation-flying configuration. To avoid unexpected discontinuities and to connect pre-and postmaneuver arcs with a minimal set of parameters, a maneuver has to be considered in the routine GPS-based orbit determinations. We propose a maneuver handling method in a reduced-dynamic scheme. With the proper thrust modeling and numerical integration strategy, the effects caused by orbital maneuver can be largely eliminated. The performance for both single-satellite precise orbit determination (POD) and inter-satellite precise baseline determination (PBD) is demonstrated using selected data sets from the Gravity Recovery and Climate Experiment (GRACE) mission. For the POD results, the orbit determination residuals indicate that the orbit with maneuver modeling is well fit to the GPS observations. The external orbit validation shows that the GRACE-B orbits obtained from our approach match the DLR reference orbits better than 3 cm (3D RMS), which is comparable to the result of the maneuver-free GRACE-A satellite. For the PBD results, on average 87 % of double-difference phase ambiguities can be resolved to integers and an RMS of the K-band ranging system residuals of better than 0.7 mm can be achieved, even though the orbital maneuver was performed on the spacecraft. Furthermore, the actual maneuver performance derived from the POD and PBD results provides rigorous feedback on the thruster system, which is not only beneficial for current maneuver assessment but also for future maneuver plans.
Introduction
Formation-flying low earth orbiters (LEOs) have been successfully used in earth remote sensing in the last few decades (Tapley and Reigber 2001; Krieger et al. 2007; D'Amico et al. 2013) . Precise orbit determination (POD) and precise baseline determination (PBD) for LEOs are extremely important for high-accuracy applications. The use of GPS tracking data and reduced-dynamic technique (Wu et al. 1991 ) have allowed single-satellite POD of some LEOs to reach the centimeter level, such as CHAMP (Visser and van den Ijssel 2003) , Jason-1 (Haines et al. 2004) , GRACE (Jäggi et al. 2007 ), Jason-2 (Zelensky et al. 2010) and GOCE (Bock et al. 2014) . The precision of intersatellite PBD can even reach the millimeter level, such is the case for GRACE and TanDEM-X (Jäggi et al. 2012) formations.
Due to the effects of atmospheric drag, non-central gravitational forces or particular mission requirements, it is almost inevitable for LEOs to execute orbital maneuvers during their lifetimes. For example, to maintain a formation-flying configuration of 220 ± 50 km separation in the along-track direction, formation-keeping maneuvers are performed 2-4 times per year for the GRACE mission (Yoon et al. 2006) . In addition, a leader/trailer swap maneuver which includes three sequential maneuvers was executed between December 2005 and January 2006 to balance the surface erosion of the K-band ranging (KBR) radars on both GRACE satellites . Such swap maneuvers are now performed routinely about once every 6 months starting in June 2014. A more extreme example is the first spaceborne bistatic interferometry SAR mission TanDEM-X (Krieger et al. 2007 ), which consists of two almost identical satellites, i.e., TerraSAR-X (TSX) and TanDEM-X (TDX). In order to keep the TSX satellite flying in the predefined trajectory, orbitkeeping maneuvers need to be executed about once per week. These maneuvers must be replicated by the TDX satellite synchronously to avoid breaking up of the formation. Additional formation-keeping maneuvers must be performed on the TDX satellite twice per day to maintain a helix flying configuration (Jäggi et al. 2012) . Similar and even more frequent maneuvers arise in the Prototype Research Instruments and Space Mission technology Advancement (PRISMA) mission, which is a Swedish-led autonomous formation-flying experiment (Gill et al. 2007) . Coping with such frequent maneuvers, e.g., more than 20 maneuvers per day during a certain phase, is a key issue for both absolute and relative navigation for PRISMA formation (D'Amico et al. 2012 (D'Amico et al. , 2013 .
Therefore, to avoid discontinuities and to connect preand post-maneuver arcs with a minimal set of parameters, routine orbit determination software should have the capability to simultaneously handle single and multiple maneuvers during one processing arc. For the EPOS and the BERNESE software packages used at the Germany Research Center for Geosciences (GFZ) and the Astronomical Institute of the University of Bern (AIUB), respectively, maneuvers are modeled as a series of velocity impulses at predefined epochs based on the execution time of each maneuver. These instantaneous velocity changes are estimated along with other parameters, e.g., dynamic parameters, pseudo-stochastic parameters, ambiguity parameters, in the least squares adjustment in both POD processing and PBD processing Jäggi et al. 2012) . For the GHOST software package used at the German Space Operations Center (DLR), maneuvers are treated as constant thrusts over specified intervals according to the burn start time and duration. In the POD processing, these parameters are estimated by reorganizing the interval of piecewise constant empirical accelerations around each maneuver in a batch least squares adjustment (Yoon et al. 2006 (Yoon et al. , 2009 . In the subsequent PBD processing, the POD result is used as an a priori trajectory and the remaining deficiencies between the estimated and real maneuvers are further compensated by including supplementary process noise in the extended Kalman filter (EKF) (Montenbruck et al. 2011) .
Maneuver calibration is an essential task for orbit control of LEOs (Yoon et al. 2006 ). A precise maneuver calibration is beneficial for both current maneuver assessment and future maneuver plans. While the actual maneuver performance compared with the planned one can be deduced from the in-flight telemetry data, the GPS tracking data collected onboard provides an alternative approach to perform maneuver calibration simultaneously with orbit determination processing. Since each maneuver is modeled as an instantaneous velocity change at a certain epoch, the EPOS and the BERNESE software will not provide accurate information of maneuver calibration for those maneuvers with long duration. The GHOST software only provides the information of maneuver calibration in POD but does not in PBD, because the estimation of maneuver parameters is beyond the scope of the EKF algorithm.
We implement a different maneuver handling approach in the software package of NUDTTK, which is used at the National University of Defense Technology (NDT) for precise orbit determination of LEOs. Our approach does not only provide continuous orbit and baseline solutions as accurate as those of a maneuver-free day, but also provides extra maneuver calibration information in both POD and PBD. In next section, we describe the reduceddynamic model as well as the maneuver parameterization and estimation strategy used in our approach; especially, we propose a mixed integration strategy that employs both multistep and single-step methods to connect pre-and post-maneuver arcs. In subsequent sections, we demonstrate an application of the technique to GRACE singlesatellite POD and inter-satellite PBD. The NUDTTK application is not limited to the GRACE mission, and it is also applicable to other LEO missions such as TanDEM-X and PRISMA.
Processing methodology
Kinematic orbit determination is not affected by orbital maneuvers; it is, however, sensitive to observing geometry, noise and data outage, which limit its application in highaccuracy situations . Reduceddynamic orbit determination (Wu et al. 1991) , which combines both dynamic constraints and the GPS observations, is preferred for generating continuous and precise orbital products for LEOs. Since each maneuver is generally accomplished by a short-term thrust onboard, it is necessary for this extra force to be modeled and estimated in such an orbit determination scheme.
Reduced-dynamic orbit determination
The motion of a single LEO in the inertial frame can be described by the following deterministic differential equation, € r ¼ fðt; r; _ r; q 1 ; q 2 ; . . .; q n Þ ð 1Þ
where r is the geocentric position vector of the spacecraft's center of mass, _ r and € r are the first and second time derivatives of r, respectively, and q 1 , q 2 ,…, q n are unknown dynamic parameters to be estimated. The righthand side function f(Á) contains all gravitational and nongravitational perturbations acting on the spacecraft, including potential maneuvers.
Given the initial conditions
the solution of (1) can be formally expressed as rðtÞ , rðt; r 0 ; _ r 0 ; q 1 ; q 2 ; . . .; q n Þ ð 3Þ
i.e., the trajectory r(t) is a particular solution of (1) given the (n ? 6) orbital parameters p , r 
where r Ã ðtÞ is an a priori trajectory determined by p Ã and z i ðtÞ , or Ã ðtÞ=op i is the solution of the so-called variational equation
which is derived by taking partial derivative of (1) with respect to p i . Given a set of observed quantities that can be related to the position vector of the satellite, we can write the generalized observation equation at epoch t k as
where e k is the observation error of y k with the expectation value of zero and h(Á) is the observation function, which is usually nonlinear. By substituting (4) into (6) and then linearizing the system of equations, Eq. (6) can be rewritten as
where rh r Ã ðt k Þ ð Þ is the gradient of h(Á) at the position of r Ã ðt k Þ.
Therefore, given the appropriate initial values of p Ã , the orbital parameters p can be estimated iteratively by solving the weighted least squares problem defined by (7). The orbital trajectories to be used in estimating parameters p can be obtained by numerical integration of (1).
The method above outlines the principle of the dynamic orbit determination. As the force field acting on a low earth orbiting satellite is usually not known with sufficient accuracy, the reduced-dynamic approach (Wu et al. 1991 ) is widely used to compensate for deficiencies of the applied dynamical model. The key point of the reduced-dynamic method is to reduce the reliance on the a priori dynamical model and then to optimally combine the data strength and dynamical constraints. This can be realized by (a) adding process noise (typically suitable for Kalman filters) or (b) by adding ''pseudo-stochastic'' or ''empirical'' parameters (typically suitable for batch least squares) to the a priori dynamical model and then solving the respective parameters from the GPS observations .
We use the batch least squares strategy to perform the reduced-dynamic orbit determination. The piecewise linear empirical accelerations are employed based on the use of a priori atmospheric drag and solar radiation pressure models. The detailed dynamical and measurement models used for POD and PBD of LEOs are summarized in Table 1 .
It should be noted that the orbital parameters are always estimated together with non-orbital parameters such as ambiguities and receiver clock offsets. For the POD processing, the undifferenced (UD) ionospheric-free GPS measurement model is employed. Along with the orbital parameters, the receiver clock offsets and UD ionosphericfree ambiguities are estimated. For the PBD processing, the baseline solution is generated by a relative orbit determination procedure, which is based on the double-difference (DD) ionospheric-free GPS measurement model. The orbit of one satellite is kept fixed to its POD result, while the orbital parameters of the other satellite are estimated together with the DD ambiguities, which are resolved to their integer values by using the least squares ambiguity decorrelation adjustment (LAMBDA) algorithm (Teunissen 1995) . Since the receiver clock offsets are eliminated in the DD model, they do not need to be estimated in the PBD processing.
Maneuver thrust modeling
For orbit keeping of LEOs, the mass change during each maneuver can be ignored. Assuming a constant propellant mass-flow rate, the constant thrust model is usually sufficient to describe a maneuver in the body-fixed reference frame. On the other hand, in most cases the spacecraft will maintain a constant orientation with respect to the orbital frame during the period of maneuver (Montenbruck and Gill 2000) . In our approach, each maneuver is treated as constant accelerations in radial (R), tangential (T) and normal (N) directions over a predefined time interval according to the burn time. Multiple maneuvers during one processing arc will be modeled and estimated simultaneously, as shown in Fig. 1 . The burn timing information can usually be obtained from the in-flight telemetry data.
The maneuver accelerations in our dynamical model can be expressed as The corresponding variational equation with respect to the specified maneuver parameter a and the initial conditions are given as follows (9) is equivalent to a linear and homogeneous differential equation
with zero initial conditions z a ðt 0 Þ ¼ 0 and _ z a ðt 0 Þ ¼ 0. Obviously, the solution z a ðtÞ will always be zero during this period. This means according to (7) that the measurements observed before epoch t i s will not make any contribution to the estimation of a. For t i s t\t i e , Eq. (9) is equivalent to the following linear and inhomogeneous differential equation
with zero initial conditions z a ðt i s Þ ¼ 0 and _ z a ðt i s Þ ¼ 0. During this period, the solution z a ðtÞ is no longer kept to zero. Since a thrust is performed on the spacecraft, the trajectory rðtÞ will be changed after epoch t s and the accumulative influence will depend on the actual burn time. The solution of (11) is crucial to the estimation of a, although the duration may be very short compared with the orbital period.
For t ! t i e , Eq. (9) is equivalent to (10) but with nonzero initial conditions z a ðt i e Þ 6 ¼ 0 and _ z a ðt i e Þ 6 ¼ 0. The solution z a ðtÞ will not be equal to zero during this period, and the measurements obtained after epoch t i e will contribute to the estimation of a. In summary, the measurements observed after the start of a maneuver until the end of the processing arc all contribute to the estimation of the specified parameter a. The maneuver parameters can be estimated even though there is no measurement during the period of the thrust. In practice, the difficulty lies in using a numerical integration method that will obtain a sufficiently accurate solution of the variational Eq. (9). Since the maneuver thrust often has a short duration and large magnitude, it is likely that poor numerical integration during maneuver and post-maneuver arcs will lead to an unreliable estimation of the thrust.
Numerical integration around maneuver
Multistep numerical integration methods are widely used in orbit determination processing, as they are more efficient than single-step methods (Montenbruck and Gill 2000) . Because of the small orbital eccentricities for most of LEOs, an 11th-order Adams-Cowell (AC) method (Huang and Zhou 1993) with fixed step-size is employed in the NUDTTK software. In normal circumstances, it has been proved to be accurate and efficient for POD and PBD of LEOs (Gu and Yi 2011; Tu et al. 2012; Liu et al. 2014 ). In the case of maneuvers, however, the additional thrust accelerations will bring new challenges to the traditional AC integrator. As illustrated in Fig. 2 , the deficiencies of the AC integrator with fixed step-size are presented in three typical cases.
Case 1
The maneuver, whose duration is shorter than the step-size of the AC integrator, is performed between two adjacent epochs. In this situation, the maneuver parameters cannot be estimated. The numerical solution of (9) will always be zero, which leads to a singular normal matrix in the least squares adjustment.
Case 2 The maneuver duration is as long as the step-size of the AC integrator, and there is only a single epoch in the thrust interval. In this situation, since the numerical solution of (9) is not equal to zero from epoch t k?2 , the maneuver parameters can be estimated when the traditional AC integrator is employed. However, due to the limited temporal resolution, bias between real thrust interval and actual compensated interval will lead to a mismatched error in orbit solution.
Case 3 The maneuver duration is about three times as long as the step-size of the AC integrator. Since there is at least one epoch in the thrust interval, the maneuver parameters can be estimated analogously to Case 2. However, the main drawback is that the actual compensated thrust interval is only twice as long as the step-size, which also leads to a mismatched error.
The deficiencies demonstrated above can be partly mitigated by shortening the step-size of the traditional AC integrator. However, the smaller the step-size, the more computation cost and round-off errors will be incurred. Also the discontinuities caused by maneuver thrusts in the field of accelerations will lead to significant accuracy degradation for the multistep numerical integration method (Montenbruck and Gill 2000) .
In light of these problems, we propose a modified AC integrator that jointly utilizes the multistep and single-step method around each maneuver. The output epochs of the modified integrator are kept the same as the traditional AC integrator, but a single-step integrator is activated when the current output epoch is going to enter, pass and leave a thrust interval. The principle of the proposed numerical integration is shown in Fig. 3 . In order to meet the accuracy requirements, we use the eighth-order Runge-Kutta formulation of the DOPRI8 integrator (Prince and Dormand 1981) both during maneuvers and to restart the AC Fig. 2 Deficiencies of the traditional AC integrator when dealing with an orbital maneuver integrator after each maneuver. As the single-step integrator improves temporal resolution of the integration around the maneuver, the modified integrator will make the compensated thrust interval coincide with the real one.
POD results
In order to evaluate the performance of maneuver handling for POD, we use ten one-day data sets from the GRACE mission. The maneuver information of each selected date is summarized in Table 2 . Some additional explanations about these maneuvers are: (1) No maneuvers occurred on GRACE-A on these selected dates. Since the GRACE-A satellite was placed in the safe mode at the very beginning of the mission, all the subsequent maneuvers were performed on the GRACE-B satellite (Yoon et al. 2006) . (2) The burn timing information is obtained from onboard telemetry data with an uncertainty of 1-2 s. (3) Each maneuver was executed by two 40 mN orbital trim thrusters, which can be operated individually or in pairs (Yoon et al. 2006) . As shown in the far right column in Table 2 , most of the selected maneuvers were only executed by one thruster, except on the three dates of June 7, 2005, December 12, 2005, and January 11, 2006. (4) Almost all the maneuvers are performed as thrusts in-flight or antiflight directions, except for the one on April 6, 2005. As a preparation for the coming switch maneuver, this latter maneuver is an inclination maneuver that is designed to induce a drift in the normal direction (Yoon et al. 2006 ).
Orbit determination residuals
In Fig. 4 , the performance of maneuver handling is shown by examining the ionospheric-free phase residuals. When there is no maneuver modeling, the residuals are very large in vicinity of the maneuver, because the mis-modeled thrust cannot be sufficiently compensated by the empirical accelerations. When maneuver modeling is taken into account, the large deviations are almost eliminated. The RMS of the residuals is decreased from 4.4 cm to 0.6 cm.
In Table 3 , the RMS of the ionospheric-free phase residuals of the GRACE-B satellite is given for each selected date. With maneuver modeling, the orbit determination residuals are improved distinctly. The improvement is especially large for the long-duration maneuver on December 12, 2005, where the residual RMS was improved from 53.3 to 0.6 cm. In addition, as the twin GRACE satellites are equipped with the same GPS receivers and in the analogous in-flight situations, the RMS of the ionospheric-free phase residuals of the GRACE-A satellite is given as a reference. The orbit determination residuals of the maneuvering GRACE-B satellite are of the same size as those of the maneuver-free GRACE-A satellite indicating residual (cm) that our maneuver accommodated orbits fit the GPS observations well.
External orbit comparisons
The GRACE orbit solutions generated by the Jet Propulsion Laboratory (JPL) and DLR are employed as external comparisons. For the JPL orbit (Bertiger et al. 2010) , no attempt is made to accommodate orbital maneuver but only to break up the processing arc into pre-and post-maneuver arcs. For the DLR orbit , maneuver is taken into account in the POD processing as described in the introduction. In Fig. 5 , the differences among the NDT, DLR and JPL orbits in T direction are illustrated for the GRACE-B satellite on July 4, 2012. The significant fluctuation of the JPL orbit can be observed in vicinity of the maneuver when compared with the NDT and DLR orbits. However, the differences between the NDT and DLR orbits are quite small during this period. These comparisons indicate that the maneuver accommodated NDT and DLR orbits perform better than the JPL orbit in relation to orbital continuity.
In Fig. 6 , the RMS of the differences between the NDT and DLR orbits is shown for each maneuver day. The mean RMS for GRACE-B satellite in R, T and N directions is 1.3, 1.5 and 1.5 cm, respectively. The mean 3D RMS of the differences is 2.5 cm. These results are consistent with the precision obtained for maneuver-free GRACE-A satellite, which is on average of 2.6 cm (3D RMS) on these selected dates.
Maneuver assessment by POD
Maneuver handling is not only important for the routine POD processing, but also for current maneuver calibration and further maneuver plans. Each maneuver performance derived from the POD result can be employed as an evaluation for the thruster system onboard.
The maneuver on a GRACE satellite is usually planned in the form of a dv in the body-fixed frame. As the spacecraft maintains a constant orientation with respect to the RTN frame during the thrust phase, the estimated maneuver acceleration a man can be simply converted to the corresponding velocity change by dv ¼ a man Dt k kusing the knowledge of burn time Dt. The maneuver acceleration estimated by POD together with the corresponding velocity change is given in Table 4 .
As shown in Table 4 , the magnitude of R component of each maneuver acceleration is very small (about 10 -7 -10 -6 m/s 2 ) compared with the other two components. This small magnitude indicates that the pitch attitude of the spacecraft is well maintained during the period of thrust, which is important for executing the planned maneuver. The largest thrust component appears in T direction for all of these maneuvers, except for the one on April 6, 2005. According to the maneuver information given earlier, the thrust performed on April 6, 2005, with the largest component in N direction, can be confirmed as an inclination maneuver rather than a tangential maneuver. The maneuver accelerations in T direction on June 7, 2005, December 12, 2005, and January 11, 2006, which were executed by the two orbital trim thrusters simultaneously, are indeed about twice as large as other tangential maneuvers performed by only one thruster. Secondly, the reason there is a non-ignorable N component for the tangential maneuver using one thruster onboard is due to the geometry configuration of the two orbital trim thrusters. These two thrusters are located symmetrically on the x-y plane of the body-fixed reference frame of the satellite, which introduces an angle offset of about 9.1°between each thrust vector and the x-axis (Yoon et al. 2006) . Therefore, under the assumption of a normal attitude during the period of maneuver, the thrust executed by only one orbital trim thruster will lead to an N component with the size of about 16 % of the T component. This can also be further confirmed by the results of those three maneuvers using both of the two thrusters, whose N component is clearly reduced by employing the two symmetrical thrusters.
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The relative error of the estimated dv with respect to the planned one is given in Fig. 7 . In addition, the dv derived from onboard telemetry (Yoon et al. 2006 ) is employed as an independent validation. It is not possible to decide which type of calibration is more accurate without additional information, but the maneuver performance derived from GPS-based POD and onboard telemetry are consistent. The relative error of the executed maneuver for GRACE mission is \5 % with respect to the planned one.
PBD results
Precise baseline determination is another essential mission for formation-flying LEOs. Using the DD GPS observation models, we are not only able to largely reduce the estimated parameters by eliminating receiver clock offsets, but also to employ the integer property of the DD ambiguities to fully exploit the high-accuracy carrier phase measurements. In this section, we will mainly focus on the performance of maneuver handling for inter-satellite baseline determination. The GRACE data sets given in Table 2 will be used in the PBD processing.
Rate of the DD ambiguities resolution to integer values
In the PBD processing, we use the well-known wide-lane and narrow-lane strategy to fix the integer DD ambiguities. The carrier phase measurements will be transformed to high-accuracy constraints of the relative distances only if both of the wide-lane DD ambiguities and the narrow-lane DD ambiguities are fixed to the integer values correctly.
The wide-lane DD ambiguities are formed by the Hatch-Melbourne-Wübbena (HMW) linear combination (Hatch 1982) of the dual-frequency GPS observations and are then resolved to integers using the LAMBDA algorithm (Teunissen 1995) . The fixing rate of the wide-lane DD ambiguities is not dependent on dynamic models because the HMW linear combination removes the geometry as well as the ionospheric contributions from the number of cycles between L1 and L2. However, the narrow-lane DD ambiguities are first estimated as float values along with other dynamic parameters and then taken with the accompanying covariance to perform the integer least squares estimation. Thus, the fixing rate of the narrow-lane DD ambiguities depends on the precision of the prior floatvalue solutions, which are strongly related to the dynamic models. If the orbital maneuver cannot be handled properly, the narrow-lane DD ambiguities will not be fixed correctly either.
In Fig. 8 , we show for ten maneuver events the percentage of wide-lane ambiguities resolved and the percentages of narrow-lane ambiguities resolved with and without maneuver modeling. As the validation criterion, we use the ratio of the squared norms of the best and second best integer DD ambiguity residuals, with the typical threshold of 3 (Leick et al. 2015) . On average, 87 % of the wide-lane DD ambiguities can be resolved to integer values. The narrow-lane DD ambiguities will be resolved only if the corresponding wide-lane DD ambiguities were resolved successfully. When there is no maneuver modeling, the float-value solutions of the narrow-lane DD ambiguities will be seriously affected by the mis-modeled thrust which leads to a very low fixing rate (55 % on average). The worst case appears on December 12, 2005, which has the longest thrust duration and the fixing rate of the narrow-lane DD ambiguities is only 27 %. When maneuver modeling is taken into account, almost all of the narrow-lane ambiguities corresponding to resolved wide lanes are now resolved. The result is comparable with PBD results for maneuver-free days.
KBR residuals
The KBR system is the main instrument on both GRACE satellites used to derive the variation of the earth's gravity field. It employs dual one-way ranging mode to track distance changes between the two satellites with a precision of about ten micrometers . These accurate and independent observations can be used to validate the GPS-based PBD results for the GRACE mission. However, sometimes the KBR link is interrupted for a few hours, because a prior yaw maneuver is required for some particular orbital maneuvers. For the inclination maneuver on April 6, 2004, approximately 2 h of the KBR data were lost, and for the two swap maneuvers on December 12, 2005, and January 11, 2006, about 6 h of the KBR data were lost. In the following analysis, these 3 days will be excluded due to large gap of the KBR data in vicinity of the maneuver. The RMS of the KBR residuals for each PBD result is given in Fig. 9 . Due to appropriate handling of the maneuver thrust and high fixing rate of the DD ambiguities, the average RMS of the KBR residuals is 0.65 mm. In Fig. 10 , the KBR residuals for PBD results on September 29, 2004 , June 7, 2005 , and May 19, 2010 , are demonstrated, respectively. There is no large fluctuation around each maneuver, and the maximum deviation during this period is\5 mm, comparable to those during other parts of the orbit. Millimeter-level baseline determination for the maneuvering GRACE-B satellite can still be achieved without the need to divide the processing arc into pre-and post-maneuver arcs.
Maneuver assessment by PBD
The maneuver performance can also be derived from the relative orbit determination processing. In this section, we will have a discussion on maneuver calibration that can be obtained by the DD baseline determination.
Since common errors can be largely eliminated in the DD measurement model, the maneuver performance derived from PBD should be more accurate than that derived from single-satellite POD. However, as shown in Fig. 11 , the difference of the estimated dv between POD and PBD is quite small. The relative error of the total velocity change is not more than 1 %. In view of the tiny difference, the POD-based maneuver calibration is recommended with priority, because it is more widely used for both single and formation-flying LEOs. This preference is also sustained in the robustness of the majority of algorithms for POD. The ''trust'' on maneuver calibration from PBD is inherently dependent on the robustness of the PBD algorithm, which in turn is highly dependent on the robustness of the integer ambiguity resolution scheme.
Conclusions
The maneuver handling for single-satellite POD and intersatellite PBD of LEOs was studied in a reduced-dynamic scheme. In order to evaluate actual maneuver handling performance, the GRACE formation was used to validate our approach. With the proper thrust modeling and numerical integration strategy, the effects caused by orbital maneuver can be largely eliminated from the POD and PBD results.
The orbit determination residuals of the maneuvering GRACE-B satellite are at the same level as those of the maneuver-free GRACE-A satellite, which indicates that our maneuver accommodated orbit fits to the GPS observations well. An external orbit validation shows that the orbit obtained from our approach performs better than the JPL orbit in respect of continuity and matches the DLR orbit better than 3 cm (3D RMS). With maneuver modeling, 87 % of DD phase ambiguities can be resolved, comparable to the rate for normal orbits. An RMS of the KBR validation of better than 0.7 mm can be obtained, which indicates that 1 mm baseline solution for the GRACE formation can be achieved even when there is an orbital maneuver was performed on the spacecraft.
In order to perform good mission planning, one has to also understand the performance of propulsion system on a spacecraft. Usually, thruster behaviors could not be predicted exactly from onboard telemetry data after so many maneuvers. The maneuver performance derived from GPSbased POD provides rigorous and independent feedback on the thruster system. 
